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Global/Local Postbuckling Failure Analysis
of Composite Stringer/Skin Panels
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A finite element methodology for postbuckling failure analysis of composite stringer/skin panels is presented.
The methodology employs a global two-dimensional plate finite element model for representing overall panel de-
formation and a local three-dimensional solid finite element model for representing stress within a critical panel
region. Global and local models are connected with a two-dimensionalfthree-dimensional coupling methodology
that is based on multipoint constraints. Analyses are carried out for two different panel designs utilizing both
linear and nonlinear material models. Computational results for failure load, failure location, and failure mode
compare favorably with results from earlier experimental test programs. The findings suggest that failure initi-
ation in postbuckled composite stringer/skin panels can be effectively modeled with the developed finite element

methodology.
Nomenclature
Dy, n, fi, = material model parameters
fZa m, ZUa
Zl s Qsa CP
E = Young’s modulus
G = shear modulus
h = solid node distance from plate midplane
K, = overstress
N = local value of shape function
P = point force
R** = rotation matrix
S = deviatoric stress
u, v, w = translational degrees of freedom
X, Y Z, = material allowables
S,R, T
X, ¥,2 = orthogonal coordinate axes
Zz = drag stress
gl = effective inelastic strain
gij = strain
&l ; = inelastic strain rate
n, & = intrinsic coordinates
v = Poisson’s ratio
0ij = applied stress
@y, @y, @,  =rotational degrees of freedom
Q;; = back stress
0 = global coordinate system index
= time derivative
* = modified postyield slope

Introduction

NE approach for reducing aircraft structural weight is to em-
ploy graphite/epoxy composites with high strength-to-weight
and/or high stiffness-to-weight ratios for the primary structure.
However, to date it is not possible to utilize the full strength of these
materials because they are generally not allowed to be employed
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in postbuckling structures such as stringer/skin panels. Buckling of
these structures is prevented by limiting the design strain. This re-
striction is necessary in part because reliable postbuckling failure
analysis tools do not exist.

Previous work on stiffened carbon/epoxy panels established that
failure initiation often commences within the skin/stiffener region.
The current assumption is that overall panel failure starts with lo-
calized ply delaminations in this region that are induced by three-
dimensional stresses.

During the past decade computational models have been de-
veloped for analyzing three-dimensional stresses at critical inter-
faces of composite stringer/skin panels. Finite element (FE) models
employing two-dimensional interface elements and quasi-three-
dimensional models fall into this category. These models, although
computationally efficient, often involved considerable simplifica-
tion of the structural geometry, which in turn complicated the
engineering interpretation of results. This problem may be over-
come with global two-dimensionallocal three-dimensional mod-
eling techniques as suggested by Card and Starnes.! Herewith the
global partof a structureis modeled with two-dimensionalplate FEs,
and only a critical local domain is modeled with three-dimensional
solid FEs (Fig. 1). The authors developed a postbuckling failure
analysis methodology that is based on this approach? The method-
ology is applied in the current work for the analysis of failurein two
different composite stringer/skin panels.

Coupling Methodology

Global two-dimensional and local three-dimensionalmodels for
the panels analyzed are connected with a new coupling method-
ology. The new methodology is based on a multipoint constraint
approach. Kinematic constraints are thereby imposed by guiding
plate boundary nodes onto a dependent solid element node. Con-
straints are defined according to solid node location relative to the
plate element boundary.

The fundamental coupling equations were derived for the general
interfacenode arrangement presentedin Fig. 2. Plate nodes A-C are
located on the boundary of a plate element that is adjacent to a solid
element region. Point i is situated on the intersection between line
A-C and a line through solid element node P orthonormal to line
A-C. Employing the plate shape functions,

Ny =—-0251+&ED) +mina)(1 — &&x — nina)
Ny = +0.50(1 + &&5)(1 — n?) 1)
Ne = =025+ &&c)A + ninc)(X — &&c — nine)
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Fig. 1 Global two-dimensionaldocal three-dimensional analysis me-
thodology.
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Fig.2 General interface node arrangement.

the following kinematic relations between nodes A-C and point i
can be formulated:

u; =Ny -uy+ Np-up+ N¢-uc
v =Ny -v4+ Ng-vg+ Ne-ve
w; = Ny -wy + Np -wp + N¢ - we 2
@i = Na-@ua+ Np-@p+ Nc- i
@yi = Ny - @ya + N -9y + Nc - ¢y
Kinematic relations between solid node P and point i can be
formulated by applying the assumptions of Kirchhoff plate theory.

Displacements at node P are expressed in terms of displacements

and rotations at point i, viz.,

”P=”i+h'<ﬂyi, vp =v; —h- ey, wp=w; (3)
Substitution of Egs. (2) into Eqgs. (3) relates degrees of freedom

on solid element node P with degrees of freedom on plate element

nodes A-C, viz.,

up Uy Ug Uc
Vp ¢ =Ny-qVva¢g+Np-JVg ¢+ Nc-jve
wp Wy wp we
Pya PyB Pyc
+Na-h-y—@uag+Npg-h-{—¢p¢+Nc-h-§—¢xc
0 0 0

)

Thus far the equation developmentwas carried out with reference
to a local plate element coordinate system. It is not possible to
employ the preceding equationsin a general context where element
coordinate systems and the global coordinate system often do not

coincide. To eliminate this restriction, Eq. (4) was formulated in
global coordinatesby employing rotation matrix R**, viz.,

0

u, u’) u, u?
v b =Ny 304 ¢ +Ng-q 0% ¢+ Ne-q ol
wY wl w$ wl
(pSA (p,?B
Ny h R0 b+ Ny h R g0,
‘P?A ‘p?B
Pic
+Ne bR Ll (5)
vt

For a complete discussion of the theory, including the derivation
of R**, see Ref. 2.

The preceding mathematical approach formed the basis for a
generic coupling program that can be used as a preprocessor for
a variety of FE codes, viz., MSC/NASTRAN,® ABAQUS.,* etc. The
program meets several challenging performancerequirements, viz.,
no limits are imposed on the number of solid elements that can
be connected to individual plate elements, generation of coupling
equations is automatic with only minimal user input required, and
the methodology does not require solver modifications.

With the coupling methodology, the in-plane and out-of-plane
displacement fields across two-dimensionalthree-dimensional in-
terfaces are maintained in both geometrically linear and nonlinear
structural problems.> Solid in-plane stress components are com-
puted accurately, directly at the interface. Solid interlaminar stress
components converge very quickly to the exact three-dimensional
stress solution when moving inward from the interface. In test ex-
amples, this was true even when the interfaces were situatedin panel
regions with complex three-dimensionalstress fields.’ In the current
panel analyses, three-dimensional stress results were recovered at
least five solid elements inward from the interface to minimize the
influence of transition disturbances.

Material Model

Aircraft structures that are made from graphite/epoxy compos-
ites are generally designed such that graphite fibers carry most of
the applied load. The associated in-plane material behavior is fiber
dominated. In a classical composite design, a strain limit of approx-
imately 0.4% is applied to prevent fiber breakage. Within this strain
limit, composites behave essentially linear elastically, and their ma-
terial behavior can be mathematically expressed with nine elastic
constants. The current test panels were made from graphite/epoxy
T300/914C. Elastic constants for this material combination are pre-
sented in Table 1 (Ref. 6).

Composite fibers carry considerablyless load in situations where
a force flow exists through the laminate thickness,i.e., at free edges,
at lap joints, or at skin/stiffener interfaces. The associatedinterlam-
inar material behavior is matrix dominated and requires a mathe-
matical representation that accounts for the polymer-based epoxy
matrix.” Experimental tests on graphite/epoxy laminates revealed
that they contain nonlinear matrix-dominated material response in-
cluding yield, strain rate sensitivity, stress relaxation, and creep.’
Stress-strain curves were recorded that are quantitatively compara-
ble to thoserecoveredfor high-temperaturealloys. This is surprising
when considering the fundamental differences between the atomic
and molecular structures of superalloys and composites. It appears,
though, that the different micromechanical processes in these ma-
terials result in macroscopically similar material responses. In fact,

Table 1 Elastic material constants for T300/914C identified
by Benzeggagh et al.®

En,  Exn, Ex, G, Gz, G,
GPa GPa GPa GPa GPa GPa Vi Vi3 Vo3

132 9.5 9.4 5.3 7.0 34 033 034 048
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a theory originally developed by Ramaswamy et al.” for analyzing
turbine blades can also be employed to simulate the stress-strain
response of matrix-dominated composites.

Their theory consists of three coupled-rate-typetensor equations
and severalmodel parametersthatneed to be identified forindividual
materials (for a detailed discussion see Ref. 9). The first equation
represents the constitutiverelation between the inelastic strain rate,
the deviatoricstress, the back stress, the drag stress, and the effective
value of the overstress, viz.,

g _p 1 ( 72 ) (S, — Q) ©
E.. = - ex _— . ——
i = PSP T\ 37K, VK

The second equation models the development of back stress,
where back stress is the level to which an applied stress relaxes
during a prolonged strain hold, viz.,

Qij=§'f1'é{j—fl'(Q,‘j/Qs)'ég‘f‘fz'sij )

The third equation models work hardening. This is done by in-
troducing a drag stress that depends on the amount of accumulated
inelastic work, viz.,

Z=m-(Z,—2)-S; &,

Z(o) =2y ®)

Stress-strain curves for superalloys typically saturate at a certain
stress level, whereas the matrix-dominated stress—strain curves for
T300/914C contain some postyield slope. This was accounted for
by adding a postyield slope factor to the stresses computed with the
original theory, viz.,

i

U'.>;=G',‘j+Cp'E,‘j (9)

The material model parameters for T300/914C can be identified
iteratively with combined experimental and numerical procedures
that gradually reduce the error between the simulated material re-
sponse and the experimentallymeasured material behavior. Detailed
descriptions of such procedures, exceeding the scope of this paper,
have been published elsewhere 2-° Table 2 lists material model pa-
rameters recovered for T300/914C.

The developed mathematical material model formed the basis
for an ABAQUS material-user routine. The following assumptions
were made to simplify FE model implementation:

1) Only matrix-dominated stress terms oy, 033, 012, 013, and o3
contribute to viscoplastic material behavior.

2) In a first-order approximation, direct stresses o, and o33 are
assumed to be linear functions of directstrains &,, and ¢33 (Ref. 10).

3) Nonlinear shear behavioris assumed to be identicalin all three
material planes. (The authors are aware that this is a strong simpli-
fication and address the issue in an ongoing research program.)

Based on the listed assumptions, a constitutive model was devel-
oped that contains a linear-elastic/orthotropicrepresentation for the
direct stress components and a nonlinear-inelasticisotropic repre-
sentation for the indirect stress components.

With ABAQUS, FE equations are solved in the time domain em-
ploying incremental-iterative solution schemes. The system stiff-
ness matrix is thereby updated at certain time steps during natural
time. Material routines called during these updates return stress and
strain levels for all Gauss points in the FE model. The material
model for T300/914C was implemented by modifying an existing
material subroutine previously developed by Trippit and Jones!! for
high-temperaturealloys.

A comparison between the measured and simulated compos-
ite material behavior over a range of strain rates is presented in
Fig. 3. The maximum deviation between the experimental and
computational stress-strain curves over the given strain range is
less than 5%. Material strength allowables for T300/914C neces-

Table2 Material model parameters for T300/914C

Dy, S Zy, Zy, Q,  Cp,
1/s n MPa fr m MPa MPa MPa MPa

5e9  0.237 2.4e4 0 0 29e5 2.9e5 65 310

Table 3 Material allowables for T300/914C

Material allowable Symbol  Value, MPa
Tensile strength in fiber direction Xr 1328
Compressive strength in fiber direction Xc 1064
In-plane transverse tensile strength Yr 71
In-plane transverse compressive strength Ye 221
Interlaminar peel strength Zr 98
Interlaminar compression strength Zc 242
In-plane shear strength Si2 71
Interlaminar 1-3 shear strength Ry3 94
Interlaminar 2-3 shear strength T3 53
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Fig. 3 Measured and simulated shear stress-strain response for
T300/914C.

sary for the computation of failure indices were taken from Ref. 6
(Table 3).

Shear Panel

The first panel analyzed consisted of a quasi-isotropic skin and
three blade-typestiffenersthat were equally spaced across the work-
ing section (Fig. 4). Three panels were fabricated from unidirec-
tional preimpregnated tape. At skin/stiffener interfaces, film ad-
hesive with a woven nylon supporting carrier was used as filling
material. To achieve a symmetric stiffener layup, individual skin
bays had to be laid up nonsymmetrically with fiber orientations of
top plies alternating between +45 and —45 deg. Several skin plies
were continuedon to the stiffenersto achievean integral panellayup.
The panels were cured in an autoclave with conventional vacuum
bagging techniques.

The experimentalsheartestapparatusconsistedof the shear panel,
six rosette strain gauges, a picture frame fixture, and two forks,
which were held by hydraulic grips. The panel was mounted onto
the shear fixture using friction material to prevent slip between the
panel and the fixture members. The fixture design allowed the panel
corners to pivot but restricted their out-of-plane deformation. This
helpedto avoid stress concentrationsin the specimen corners, which
led to premature failure in previous panel tests.

Three panels were tested on a 200-kN servohydraulic uniaxial
testing machine. The machine was configured to load in tension
employing a constant ramp loading generator in the displacement
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Table4 Summary of shear panel results

Difference
Experimental FE model between FE model and
Parameter Experiment A Experiment B Experiment C average results experiment, %
Load rate, mm/min 0.3 0.3 0.3
Temperature, °C 21 25 25
Rel. humidity, % 50 30 30
Initial bending, kN 26 25 25 25.33 20 -21
Initial buckling, kN 30 31 30 30.33 30 -1
First crack, kN 63 62 64 63.00 58 -8
Ultimate failure, kN 78 68 79 75.00 N/A
Comments Load hold at 10-kN  Continuous Load hold at 10-kN
increments loading increments
y.vi 0010 —————————— 0003 e T BTl A
r ' Strain at Rosette E Strain at Rosette G
le— A View A-A 0.008+ E L G
[ o - TestA - TestA
T cio oo olo ’ 0.006] - TestB .+ 0.002F -TestB 4
—~X | «TestC Gay
0.004
N
0 0.002 0.001 ]
e} GAUGE GAUGE y .
ol F(H) 1) 0.000
340250 -0.002
¢}
o -0.004 1 0.000
[e]
o -0.006 1
Q
-0.008- - 4-0.001 q
\‘ > 0010 Load [kN] ° ‘ Load [kN]
> 1 ' 0 10 20 30 40 50 60 70 80 0 10 20 30 40 50 60 70 80
- 1.5 Fig. 6 Experimental and computational strain results at strain gauge
.25 rosettes E and G.

Drawing not to scale

All dimensions in mm

/11,\\\ = Fibre orientation of top skin plies
Position of local 3D-solid finite element model

Fig.4 Panel geometry and instrumentation.

Between Gauge J&I
[-45/+45/90/0/0/-45/+45/0]¢

Between Gauge G&E
[+45/-45/90/0/+45/-45/0/90/+45/-45];

Between Gauge H&F
[-45/+45/90/0/+45/-45]5

Fig.5 Local three-dimensional FE model.

control mode. A uniaxial quasistatic load was applied diagonally
through the top and bottom pins of the shear fixture until panel
failure occurred.

A global two-dimensional plate FE model was developed to rep-
resent the shear panel, shear fixture, and load/support conditions
imposed by the testing machine. Skin and stiffeners were mod-
eled with plate-type elements. The shear fixture was modeled with
beam-type elements. The critical panel region was discretized with
a local three-dimensional solid model (Figs. 4 and 5). Individual
plies were modeled by single layers of solid elements. Critical areas
such as ply dropoffs and the resin-rich area in the Bermuda Triangle
at the web/flange transition were modeled according to the cross-
sectional details taken from a microscopic photograph. The global
two-dimensional plate model and the local three-dimensional solid
model were connected with the coupling methodology presented
earlier.

Experimental and computational strain results for rosettes E and
G are presentedin Fig. 6. Strain distribution within panels was rela-
tively homogeneous at prebuckling loads. Strain gauge readings
were as such not strongly influenced by small variations in strain

gauge placement. Strain distribution within panels was less homo-
geneous at postbuckling loads. Strong strain gradients occurred,
especiallyaroundbuckles. Consequently,strain gaugereadingsfrom
this load domain were more sensitive to small variations in strain
gauge placement.

At aloadlevel of 60 kN, the maximum deviation between the av-
erage experimentalstrain curvesand the computationalstraincurves
was on the order of 20%. At thisload level, audible cracks indicated
failure initiation. For loads in excess of this value, the experimen-
tal strain readings were scattered. Three-dimensional stresses were
computed for the critical skin/stiffener domain in the center of the
panel. These stresses were substitutedinto a three-dimensionalcom-
posite failure model by Tsai et al.,!*> and a failure analysis was car-
ried out. Experimental and computational results are summarized
in Table 4.

The computational value for failure initiation compares very fa-
vorably with experimental results and contains only 8% error. This
is surprising considering that the computational strains contained
an error of 20% (Fig. 6). One explanation could be that the em-
ployed material allowables did not accurately represent the actual
material behavior. This would have led to a partial correction of the
computational stress/strain error in the failure analysis.

Elements within the skin/stiffener transition region with failure
indices exceeding 1 are plotted as dark areas in Fig. 7. All four ply
dropoffs and also some of the curved plies at the web/flange transi-
tionappearedto be critical. Critical stresslevelsoccurredin elements
representing the +45-deg second from top ply left of the central
stiffener and in elements representing the +45-deg top ply right of
the central stiffener. Stress results recovered from element centroids
indicated that these plies would have undergone compression-type
failure.

It is of concern that the continuously loaded panel failed at ap-
proximately 15% less applied load than the incrementally loaded
panels. However, because no computational postfailureanalysis was
carried out, it was not possible to determine whether the apparent
differences in ultimate load between the tested panels were caused
by manufacturing problems or whether this was a consequence of
differentload histories.

Compression Panel

The second panel analyzed consisted of a quasi-isotropicskin and
five blade-typestiffenersequally spaced across the working section.
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Fig.7 Computational failure locations in shear panel.
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Fig.8 Compression panel geometry.

A total of five panels were manually laid up and cured in an auto-
clave using hard tools. The panels were made larger than the actual
working section to allow their attachment to a box beam test rig.
Stiffener ends were trimmed to avoid interference with the test rig.
For a description of panel geometry refer to Fig. 8.

Skin bays between the stiffeners were made from eight plies of
unidirectional tape. Stiffeners were made from 16 plies. The top
three skin plies were laid on top of a 0-deg stringer sublaminate.
The requirement of having a symmetric stiffener layup resulted in
a skin layup that alternated between being symmetric in some skin
bays and unsymmetric in other skin bays.

All panels were structurally tested utilizing a four-pointbox beam
testrig. The testrig consisted of a three-bay aluminum box beam, a
supportingsteel frame, and two 20,000-Ibload jacks, which operated
in load control. The middle bay of the box beam contained a detach-
able skin, which allowed for different test panels to be mounted via
a mechanical fastening system. During operation the jacks induced
a constant bending moment into the middle bay. Employing this
setup, the test panels were loaded by a distributed force that acted in
the plane of the panel skin. During tests, failure loads were recorded
when first cracks were audible (Table 5).

A global two-dimensional plate FE model was developed that
represented the compression panel as well as the loading and sup-
port conditions imposed by the box beam test rig. The critical
panel region at the central stiffener runout was discretized with

Table 5 Experimental failure loads for compression panel

Panel number/failure load, N/mm

BP0l BP03 BP06 BPO6B BP10
204 184 211 187 158 188.8

Average value, N/mm

Table 6 Computational failure loads
for compression panel

Failure load, Deviation from

Failure theory N/mm experiments, %
Tsai-Wu'? 151 -20
Maximum Stress '3 154 —-19
Hill'4 128 -32
Hoffman'® 178 -5
Hashin'6 158 -16
Quadratic Stress'’ 158 —16

[+45/-45/90/0g)s

[-45/+45/90/0/0/90/-45/+45];

Fig.9 Local three-dimensional solid FE model.

a local three-dimensional solid model (Figs. 8 and 9). Individual
plies were modeled with separate layers of hexagonal solid ele-
ments, with each solid elementrepresentinga discrete amount of ply
material with constant fiber orientation. Pentagonal solid elements
were employed in some regions to generate an overall rectangular
solidmesh. The globaltwo-dimensionalandlocal three-dimensional
models were connected with the coupling methodology presented
earlier.

In a geometrically nonlinear/material linear analysis with NAS-
TRAN, an exponential increase in interlaminar stresses was ob-
served in the vicinity of the stiffenertip, indicating a potential stress
singularity at that location. This interpretation was verified by car-
rying out numerical convergence tests with different stiffener mesh
sizes. Here it was found that some interlaminar stress components
at the stiffener tip increased dramatically when reducing mesh size.
The NASTRAN stress results could, therefore, not be utilized for a
failure analysis. The problem was overcome when carryingouta FE
analysis with ABAQUS thatemployed the new viscoplasticmaterial
model and the actual panel load history during natural time. In this
simulation the material plastified in the critical region and load was
shed to less stressed areas. This essentially made the interlaminar
stress components nonsingular.

Stress results from the ABAQUS analysis were employedin com-
bination with a selection of failure theories for the computation of
failure indices and failure loads. For a comparison between compu-
tational and experimentalfailureloadsreferto Table 6 (Refs. 12-17).
The computational results for failure initiation compare well with
the experimental results. They contain an average error of approxi-
mately 22%. However, these results should be considered with cau-
tion because of approximations that were made in the development
of the FE model, viz., the geometry in the stiffener tip was dis-
cretized only approximately,and some severe approximations were
made during FE implementation of the nonlinear material model. A
certain expected mismatch between the employed material allow-
ables and the actual material behavior further reduces the reliability
of computational failure loads.

Atdesignload N =200 N/mm, critical stress levels occurred only
within a very small structural domain in the vicinity of the stiffener
runouttip. Four critical sectionsof solid elements within the stiffener
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Fig. 10 Computational failure locations in compression panel.

tip region are shown in Fig. 10. The dark areas represent FEs with
failure indices exeeding 1. Critical stress levels were found within
0-deg stiffener and 0-deg skin plies and also within 90-deg stiffener
plies.

Inspection of stress components within critical elements revealed
that three simultaneous failure mechanisms were active at the stiff-
ener runout, viz., 0-deg skin plies under the stiffener failed in a pure
in-plane compression mode and combined compression and shear
mode, 0-deg stiffener plies failed due to in-plane shear, and 90-deg
stiffener plies failed due to interlaminar shear.

These findings led to the following failure interpretation: Panel
loading through a skin with relatively small bending stiffness re-
sulted in strong skin-bending deformations at the stiffener runout.
This in turn resulted in high-compression stress being induced in
the upper 0-deg plies at the stringer/skin transition. Loading through
the skin also generated a lap-joint problem at the stiffener runout.
Compressive skin load was thereby carried via shear into the stiff
0-deg stringer sublaminate. One part of this load was transferred
through in-plane shear within 0-deg skin/stringer transition plies
and another part via interlaminar shear within the 90-deg stiffener
plies into the assembly of 0-deg stringer plies.

It was found during postfailure inspection of the experimentally
tested panels that the stiffener runout separated from the skin. The
stiffener runoutalso split at the interface between the 0-deg stringer
sublaminate and the top three stringer/skin cover plies. Both of these
failure mechanisms are consistent with the computational failure
modes.

Previous empirical design improvements of the stiffener runou
were based on a close inspection of experimentalresults. Premature
failure of compression panels was then overcome by reinforcement
of the panel skin and by subdivision of the 0-deg stringer sublam-
inate. The first measure reduced local skin curvature. The second
measure increased the effective shear area, which resulted in a less
localized load transfer between skin and stringer. The computa-
tional results obtained in the present work support both of these
design changes.

t18

Conclusions

The computed stress state in critical panel regions was of a com-
plex three-dimensionalnature. This justified employmentofa global
two-dimensionallocal three-dimensional modeling approach. The
authors are convinced that with a plate-type FE discretizationalone
it would not have been possible to capture this complex local struc-
tural response in the test panels.

An integral stringer attachment concept employed in the shear
panel design effectively reduced interlaminar stresses at the critical
location. A linear material model was thereby sufficient for com-
puting critical in-plane stresses and failure loads. Employment of
a linear material model in the analysis of the compression panel
led to interlaminar stress results that were singular. A material non-
linear analysis incorporating the new viscoplastic material model
produced stress results that could be employed for a failure analysis
of the compression panel.

Computationalresultsfor failurelocationand failuremode appear
to be trustworthy because they compare very well with experimen-
tal observations. Computational results for failure loads should be
treated with caution because of approximationsmade in the FE mod-
els and in the nonlinearmaterial model. Reliability of computational
failure loads is also reduced by uncertainties related to the material
allowables. The developed methodology should consequently not
be employed as a stand-alone tool but in parallel with experimental
work.
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